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4, LAUNCH AND ORBI TAL OPERATI ONS !

4.1 PHASES OF LAUNCH THROUGH ORBI TAL OPERATI ON

Launch and orbital operations can be divided into two or three
phases:

(1) theinitial |Iaunch and boost phase which term nates when t he
vehicle obtains the velocity and altitude necessary to achieve
Earth orbit;

(2) the orbital transfer phase, during which properly tined
firings of rocket notors nove the satellite into the desired
final orbit; and

(3) depending upon the mssion, return fromorbit. Re-entry is
further discussed in Vol. 2, Ch. 7.

4.1.1 Launch Phase

The prime objective during the launch phase is for the boost
vehicle to overcone Earth's gravitational pull, rise through the
at nosphere and overcone frictional heating. It nust provide a

satellite wth an initial vertical and final orbital velocity
(al nost parallel to the surface of the Earth) using sustai ner and
upper rocket stages which will keep it in orbit. Depending on
the I atitude of the | aunch point, the desired orbital inclination
and altitude, the initial orbit may not be the final orbit for
the satellite. To change inclination the boost and hi gher stages
of the ELV nust rotate the attitude of the vehicle, so that it
will be noving in the proper direction, and then pitch over to
the orbital plane gradually as it gains velocity and altitude.

The gradual programred pitchover (called a gravity turn) is
careful |y designed so that the angle of attack (the angl e bet ween
the axis of the vehicle and the vector of the aerodynam c forces)
is kept as close to zero as possible. The gravity turn is
preceded by a small pitchover maneuver called the "kick angle.”
If this is not acconplished, the aerodynam c | oads on the vehicle
will build up and overcone the guidance and control system
t hereby producing a deviation fromthe planned flight path. If
the angle of attack becones too |large, the airloads may over-
stress the vehicle and cause its structural failure. The
aerodynam c force effects are proportional to one half of the
product of the | ocal atnospheric density and the vehicle velocity
squared (called dynamc pressure or "Q"). In sonme vehicles,
failure can begin at | ess than 10 degrees angle of attack during

! The information in this chapter was devel oped using the references listed
at the end of the chapter. This nmaterial is intended for readers with little or no
background in either orbital nechanics or rocketry. Ohers can proceed directly to
Chapter 5.
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the "high q" portion of flight. A typical trajectory profile is
shown in Figure 4-1.

When the vehicle reaches a very high altitude, the atnospheric
density becones so |ow that the dynam c pressure is essentially
zero regardless of the velocity. After this, the zero angle of
attack is no longer required and different pitch attitudes and
pitchover rates can be used.

Control of all launch vehicles is maintained by ginballing
(tilting) the engi ne nozzles or sone equival ent way for changi ng
the direction of the engine thrust. Launch vehicles nust be
controlled continuously because they are, wthout exception,
aerodynam cally unstable, i.e., a slight increase in angle of
attack will cause the aerodynam c forces to attenpt to increase
the angl e of attack even further. Severe w nd shears during the
early post-launch period of flight create difficulty for nost
vehicles, as the guidance and control systenms nust act to
mnimze the pitching or yawing due to abrupt angle-of-attack
changes which they create.

Most | aunch vehicl es contain several stages. Thrust isinitially
provi ded by the | owest (and | argest) boost stage. When the fuel
for this first stage is consuned, the spent fuel casing is
jettisoned to Earth, the remai nder of the vehicle separates from
it and the next stage is fired to continue the flight.

Part of the preparation for any mssion is the planning for the
i npact location of the spent stages (and other jettisoned
equi pment) in order to mnimze the risk to people and property
on the ground (see Ch. 2).

Most of the current |aunch vehicles use solid rockets fastened to
a central core vehicle which is wusually a liquid propellant
stage. These "strap-on" solid rocket notors (SRM s) augnent the
first stage thrust and are jettisoned when their propellant is
consuned.

4.1.2 Orbital Insertion and Obital Operations

It is not possible to describe the nyriad of possible orbita
par anmet ers whi ch may be desired or designed for different m ssion

objectives. This discussion will only briefly cover the very
si npl est exanpl e. Consider the sequence of events illustrated in
Figure 4-2. In the first illustration (a), a satellite (wth a

booster stage) is placed in a low "parking" orbit around the
Earth. The rockets are fired in orbit and then shut off. The
result of this orbital correction firingis the creation of a new
elliptical "transfer” orbit which has an apogee (greatest
di stance fromthe Earth) which is at a higher altitude above the
Earth than the original orbit (Figure 4-2(b)). |If the satellite
has no further propulsion, it will continue to followthis
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elliptical orbit indefinitely, passing (ideally) through its
initial perigee point once very revolution. |If the objective is
to reach a higher circular orbit, the built-in rockets (apogee
kick nmotors, AKM can be fired again (for a specified period of
tine) when the satellite reaches the apogee of the elliptica
orbit, and the new orbit will be as shown in Figure 4-2(c).

4.1.3 Orbital Decay and Re-entry

Once out of the densest portion of the atnosphere, the ELV and
its payload (satellite) has only very small drag forces acting
upon it to reduce the satellite velocity. Consequently, the
satellite will continue to orbit until reverse thrust (retro-
propul sion) is applied for a planned re-entry or decay forces
eventual |y cause an uncontrolled re-entry. Controlled descent
froman orbit reverses the firing sequence for orbit transfer.
Rocket engines fire for a determned interval and angle and the
vehicle/satellite nowfollows an elliptical orbit with apogee at
the original orbital altitude and perigee at an altitude nuch
closer tothe Earth. |If the perigee is wthin denser portions of

the atnosphere, the vehicle/satellite will start to slow down
gradual | y because of aerodynam c drag and descend to the Earth
sooner due to orbital decay (see Vol. 2, Ch. 7). Aerodynamc

heating is intense because of the very high vehicle velocity as
it is comng out of orbit and the slowinitial braking during re-
entry. Objects not designed to withstand this heat by protection
froma heat and ablation shield generally break up and, often,
vaporize altogether. Re-entry vehicles (RV's) simlar to those
provi ded for | CBM s have been proposed for recoverabl e payl oads.

Satellites which are placed in very low Earth orbit may not need
any propulsion to return fromorbit. Even at an altitude of 200
mles, the very low density of air nolecules still applies a
smal |, but continuous drag force. These satellites wll very
slowy | ose both velocity and orbital altitude and the decay w ||
gradual ly increase until the object is traveling slow enough to
re-enter the Earth's atnosphere. This unplanned re-entry is
di scussed further in Ch. 7. Figure 4-3 shows approxi mate orbital
l[ifetimes for satellites incircular orbits. Obital lifetineis
a direct function of the mass to drag ratio of the satellite.
This ratiois represented by the ballistic coefficient B whichis
equal to WCA; where Wis the weight, G, is the drag coeffi cient
of the body, and Ais the cross-section area. The shaded area in
the figure shows the range of lifetine in orbit for objects whose
bal listic coefficients range from 10 to 300 I b/ft2  The |arger
values of Dballistic coefficient correspond to the |onger
[ifetimes in the shaded region shown in Figure 4-3.

If rocket engines are used to de-orbit, as proposed for
recover abl e payl oads that use re-entry vehicles (RV's), the
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potential hazard fromthe re-entering spacecraft is controll able.
However, the hazard from a decayed satellite re-entry is
uncontrol l ed and usually cannot be predicted with any accuracy
(see Ch. 7).

4.2 BASI C ORBI TAL CHARACTERI STI CS

A satellite stays in orbit because the centrifugal (outward)
force equals the Earth's gravitational pull (inward). The
centrifugal force is proportional to V?/R, where Ris the distance
from the center of the Earth to the satellite and V is the
conponent of satellite velocity which is perpendicular to the
radius R The gravitational pull decreases with distance and is
proportional to 1/FR. For low Earth orbits (LEO, the
gravitational pull is stronger and, consequently, satellites nust
have a higher velocity to conpensate and, thus, circunmnmavigate
the gl obe much nore rapidly. Figure 4-4 shows the relationship
between orbital velocity and altitude above the surface of the
Earth for circular orbits. Figure 4-5 gives the period (the tine
required to conplete one circular orbit) as a function of
altitude above the surface of the Earth.

Not all orbits are circular; many are elliptical and are enpl oyed
inorbital transfer and other m ssion applications. The perigee
of an elliptical orbit is the mninumaltitude of the orbit; the
apogee is the nmaximum altitude (see Figure 4-6). The
eccentricity is a neasure of the ellipticity of the orbit. The
formula for eccentricity is:

e =r,-r

S r,+r (4-1)

p p

where r_,is the distance from the center of the Earth to the
apogee altitude and r, is the distance from the center of the
Earth to the perigee altitude. The apogee and perigee altitudes
for a circular orbit are equal, hence a circular orbit has zero
eccentricity. Elliptical orbits having the sane perigee altitude
as a circular orbit always have a | onger period, wth the period
increasing wth the eccentricity.

The free flight path of a suborbital rocket or an expendable
| aunch vehicle (ELV) is also elliptical. These vehicles, after
conpl etion of powered flight, followa ballistic trajectory with
an apogee above the surface of the Earth and a perigee which is
bel ow the surface of the Earth (see Figure 4-6).
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The concepts of energy and angular nonmentum are essential in
under st andi ng orbital nechanics. The total nechani cal energy has
two conponents, kinetic energy (K E ) and potential energy
(P.E.). As long as no additional force is being applied to the
satellite (e.g., aerodynam c or rocket thrust), the total energy
of the satellite remains constant, i.e.,

Total nechanical energy = KE + P.E. = constant (4-2)

The kinetic energy is proportional to the square of the velocity
of the satellite. Potential energy results fromthe conbination
of gravitational attraction and distance to the gravitationa
source. The total energy per unit mass, E, will remain constant
t hroughout the orbit (circular or elliptical) unless a force
i mpul se, such as rocket thrust or drag, is applied to the
satellite. Thrust in the direction of the velocity vector wl|
i ncrease the energy and thrust or drag in the direction opposite
to the velocity vector will decrease the energy.

Hence, an orbiting satellite has both Kinetic Energy: KE = nv?/2
and Potential (Gavitational) Energy: GMr at its orbit
altitude (r = R+th; where Ris the Earth's radius, h is altitude
above the Earth and Mis the Earth's nass). The constant p = GV
in (ft/sec)® or (msec)®is the constant product of the Universal
Gravitational constant and Earth's nass.

This sinplifies the total energy per unit mass for an orbiting
satellite to a specific mechanical energy:

E. = EEM = (KE + PE)+ m= (v?+2) - (p+r) = const. (4-3)

| f E<O, the path is parabolic; if E=0, the satellite is in a

captive orbit (elliptical, or circular). If E>0, the path is
hyperbolic and the satellite will escape Earth's gravitationa
pull. The escape velocity is obtained from

(Vesc? = 2)-(M = 1r)=0; Ve = 36,700 ft/sec or about 12 knf sec (4-
4)

For launch velocities below v, , the satellite wll either
return to Earth (suborbital injection velocities) and follow a
ballistic (parabolic trajectory) or orbit in a circular or
elliptical orbit with a speed (v) and period (P) determ ned as
below in equation (4-5):

=

P=(2r) v v =
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Two body gravitational interactions and no energy di ssipation are
assuned for the present discussion. The effects of solar w nd,
at nospheric drag and |lung-solar perturbation on orbita
paraneters and decay are discussed in Ch. 7. Figure 4-7 shows
the velocity vs. range for a rocket and payl oad.

40 B Escape Velocity (Near Earth’s Surface)

T Orbital Velocities
30 fRI T

Velocity in 2
1,000 ft/sec

1CBM

Range Increase ———»

(Source: Ref. 2)
FIGURE 4-7. VELOCITY vs. RANGE OF A ROCKET

Since energy is conserved, it is now possible to visualize the
exchange between potential and kinetic energy in an elliptical
orbit. Wen the satellite is nearest to the Earth (perigee), the
potential energy is | east and the kinetic energy is at its peak.
Hence the satellite reaches its highest velocity at the perigee
and its | owest velocity at the apogee (where the potential energy
i s highest).

The kinetic energy required for different orbits can be rel ated
to a characteristic velocity. The characteristic velocity is
also the summation of all the velocity increnents attained by
propul sion to establish the desired orbit. Table 4-1 (from Ref.
1) describes the characteristic velocities for a nunber of
m ssi ons.
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TABLE 4-1. MISSION VELOCITY REQUIREMENTS

Characteristic Excess Velocity

Velocity Vcy Over Reference

MISSION ft/s Orbit Ve, ft/s
100 nmi Reference Circular Orbit 25,570 0
200 nmi Circular Orbit 25,922 352
500 nmi Circular Orbit 26,900 1,325
1000 nmi Circular Orbit 28,296 2,726
Synchronous Transfer Ellipse 33,652 8,082
Lunar Impact 36,035 10,465
Escape, Parabolic 36,164 10,594
ETR - Synchronous - 28.5° Inclination* 38,490 12,920
WTR - 24 Hour Orbit - “Polar” * 38,503 12,933
Synchronous Equatorial (28.5° Plane Change) 39,791 14,120
Venus Flyby 37,570 12,000
Mars Flyby 37,770 12,200
Mercury (Via Venus Flyby) 38,570 13,000
Jupiter Flyby 36,070 : 20,500
Saturn (Via Jupiter Flyby) 46,570 21,000
Uranus (Via Jupiter Flyby) 47,270 21,700
Neptune (Via Jupiter Flyby) 50,070 24,500
Pluto (Via Jupiter Flyby) 54,270 28,700
Lunar Landing Return 56,000 N/A

* Foran ETR orbit altitude of 19,323 nmi and a WTR orbit aititude of 19,355 nm.
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Angul ar nonentumi s al so a conserved quantity, so that w thout an
external application of torque for a period of tine, a spinning
body will neither increase nor decrease its rate of spin.
Satellite orbits have an angul ar nonentum whi ch i s about an axis
t hrough the center of the Earth. The orbital angular nonentum
H is given by:

H= (R x(v)x(cos 0) (4-6)

where H is the angular nonmentum R is the distance from the
satellite to the center of the Earth and 8 is the angl e between
the velocity vector and a line in the orbital plane which is
perpendi cular to the position vector (see Figure 4-8). The
product "v x cos 6" can also be referred to as the tangenti al
velocity. His constant except when the satellite is accel erated
or decelerated by thrust or drag.

The equations for conservati on of energy and angul ar nonentumare
necessary to analyze the dynamcs of satellite orbits. The
obl ateness of the Earth requires sone additional terns over those
shown in Equation 4-3 for the potential energy expression, to
obtain nore accuracy in the orbital predictions; and the
gravitational fields of the Mon and the Sun, in particular,
shoul d al so be considered in increasing prediction accuracy.

The plane of the orbit is defined by the longitude of the
ascendi ng node and its inclination. These are shown in

Figure 4-9. The ascendi ng node i s the point where the projection
of the satellite path crosses the celestial equator fromsouth to
north. The inclination is the angle forned by the plane of the
orbit and the equator. It is neasured counterclockw se fromthe
eastern portion of the equator to the ascendi ng node. Thus,
satellites which orbit west to east (nornmal or prograde) have an
inclination <90° orbits going east to west (retrograde) have an
i nclination >90° An alternate nethod sonetines used to
designate retrograde inclination is to mneasure the angle
cl ockwi se fromthe western portion of the equator and state it as
an X° retrograde inclination (see Fig. 10-8). Athird termoften
used to describe orbits is the right ascension (é). This is the
arc of the celestial equator neasured eastward fromthe direction
of the vernal equinox to the ascendi ng node.

The choice of orbit depends upon the mssion of the satellite.
ow Earth orbits (LEO serve a variety of purposes and do not
necessarily operate close to the plane of the equator. In fact,
orbits wth higher inclinations (near polar) provide the
satellite the opportunity to cover a larger portion of the
Earth's surface(see Figure 4-10).
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*Numbers on ground tracks indicate sequence of the orbit, 1 being before 2, etc

FIGURE 4-10. WESTWARD REGRESSION OF THE ORBITAL GROUND TRACE

Comruni cations satellites are generally placed i n geosynchronous
Earth orbits (GEO where they conplete one revolution of the
Earth in 23 hours, 56 mnutes and 4 seconds. A satellite in a
geosynchronous orbit on the equatorial plane wll appear
stationary to observers standing on the equator. In order to
have this day-long orbital period,? a satellite must be at an
altitude of roughly 19,300 nautical mles above the surface of
the Earth (5.6 Earth radii). The plane of the orbits of these
satellites is either the sane as the plane of the equator or at
sone relatively small inclination angle to the equator. Ideally,
equatorial orbits can be achieved directly, with no m d-course

2 aur "solar day" of 24 hours corresponds to the Earth's apparent spin period
but the Earth actually rotates approxi mately one and 1/365 turns in that time. One
rotation of the Earth takes 23 hours, 56 m nutes and 4 seconds. Time on a scale
based on exactly one rotation of the Earth is referred to as sidereal tine. One 24-
hour day of sidereal tinme is equivalent to 23 hours, 56 minutes and 4 seconds of
solar tinme.
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corrections, only by launches fromthe equator. Launches from
poi nts north and south of the equator have a m nimuminclination
which is related to the launch site latitude. Thus, equatori al
orbits are normally achi eved by maneuvers whereby the satellite
is reoriented and a rocket notor is fired perpendicular to the
pl ane of the current orbit to create a neworbit orientation (see
Figure 4-11).

Initial polar
orbit 90°
inclination

Final Orbit

Point P

(7Y

AV = 2V qta1 SIN /2
Vinitiat

NOTE: {f Point P is at the equator then
an inclination change results - If
Point Pis at a Pole there is no
change in orbitinciination. Only
the nodal position is changed.

FIGURE 4-11. ORBITAL PLANE CHANGE
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Since the orientation of the orbit is relatively notionless in
space while the Earth turns inside it, the ground track of the
orbit will recess (fall behind). The rate of recession is based
on the nunber of degrees the Earth rotates while the satelliteis
conpleting one orbit. The northern-nost and sout hern-nost range
of the ground track are equal to the inclination of the orbit.
A typical ground track is shown in Figure 4-10. The wi dth of the
ground track, as seen by the satellite fromorbit, is also called
a "swath" or "footprint" of the satellite.

There are external forces which perturb the otherw se stationary
orbital plane and cause it to change orientation. The | argest
effects are caused by the oblateness of the Earth and the
gravitational pull of both the Sun and the Mon, called |ung-
sol ar perturbations. Their relative inportance varies with the
altitude of the orbit. The relative effects in terns of
acceleration (Earth gravitational units, or g's) for a satellite
200 n m. above the Earth are shown in Table 4-2. As the
altitude of the orbit increases, the relative effect of the
Earth' s obl at eness decreases and the Sun and t he Moon's i nfl uence
i ncreases.

TABLE 4-2. COMPARISON OF RELATIVE ACCELERATION (IN G's) FOR
AN EARTH SATELLITE AT 200 NM ALTITUDE (2)

Equivalent Acceleration
Source of Perturbation (ing's) on 200 n mi. Earth
satellite
Earth’s attraction 0.89
Earth’s oblateness 0.001 (approx.)
Sun’s attraction 0.0006
Moon's attraction 0.0000033
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Wiile the attraction of bodies other than the Earth can distort
the orbit, the oblateness of the Earth will cause the plane of
the orbit to precess around an axis through the pole of the
Eart h. The additional girth of the Earth around the equator
(obl ateness) produces a torque on the orbit and the result is a
precessional notion not unlike that of a gyro or top. The
precession rate can be defined as the nunber of degrees the |ine
of nodes noves in one solar day. The nodal precession rate for
circular orbits is shown in Figure 4-12. Note that the effect of
the Earth's obl ateness | essens with the altitude of the orbit and
also with the inclination of the orbit. A polar orbit will not
precess.

The rotation of the Earth has an influence on the ability to
| aunch satellites into desired final orbits. Looking down upon
the North Pole, the Earth rotates countercl ockwi se. At the tine
of launch, the rocket already has a horizontal conponent of
velocity which equals in magnitude the product of the Earth's
rate of rotation and the distance to the axis through the poles
of the Earth. |If the ELV is launched in the direction of this
velocity vector (eastward), it reaches orbital velocity easier
than if it is launched in a westerly direction, in which case
this surface velocity nmust be first overcone. (This effect
varies with the latitude of the launch point. It is greatest at
t he equator and absent at the North or South Poles.) This factor
is one influence on selection of a site for conducting | aunches.
Therefore, in the United States, eastward | aunches of satellites
into equatorial orbits fromETR Florida augnent the ELV thrust.
More payload can be placed into orbit than from an identica

| aunch made from for exanple, Mine. The satellite |aunches
fromthe West coast are alnost always to the south to achieve
polar (high inclination angle) orbits. Polar orbits are
per pendi cular to the velocity provided by the Earth's rotation,
thus the rotation neither helps nor hinders the polar |aunch

However, the launch corridors used at both ETR and t he West coast
are chosen primarily for safety considerations. Launches
eastward from ETR and southward from the West coast fly over
wat er rather than inhabited territory and do not pose hazards to
popul ated areas due to jettisoned stages or other debris.
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